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Structural tectlnology of laminated filamentary-composite stiffened-panel structures 
under combined inplane and lateral loadings is discussed. Attention is focused on (1) 
methods for analyzing the behavior of these structures under load and for determining 
appropriate structur~l proportions for weight-efficient configurations, and (2)  effects of 
impact damage and geometric imperfections on structural performance. Recent improvements 
in buckling analysis involving combined inplane compression and shear loadings and trans- 
verse shear deformations are presented. A computer code is described for proportioning or 
sizing laminate layers and cross-sectional dimensions, and the code is used to develop 
structural efficiency data for a variety of configurations, loading conditions, and 
constraint conditions. Experimental data on iackling of panels under inplane compression 
is presented to validate the analysis and sizing methods and to illustrate structural per- 
formance and efficiency obtained from representative structures. Experimental results 
show that strength of panels dnder inplane compression can be degraded by low-velocity 
impact damage. Mechanisms of impact-damage initiation and propagation are described. 
Finally, dataare presented that indicates the matrix is a significant factor influencing 
tolerance to impact damage. 
INTRODUCTION 
To take advantage of the mass-saving potential of advanced composite materials, pro- 
cedures must be developed that provide reliable and efficient structural designs. In 
addition to satisfying traditional design requirements typical of metal structures, 
composite structural designs must also account for characteristics and failure modes uni- 
que to composite materials. Once these featurcs are understood, analytical methods can be 
developed to predict the behavior of structu: - components made of composites, and appro- 
priate criteria can be imposed to insure th. efficient composite structures meet all 
design requirements. 
One research focus al: the NASA Langley Research Center has been the development of 
analysis and sizing methods for composite structural panels required to carry compression 
and combined loads. A state-of-the-art review of these studies was presented in 1975 
which included an investigation of panel buckling as well as the effects of low-velocity 
impact damage on composite sandwich panels (ref. 1 ). During the past three years, consi- 
derable progress has been made in understanding ti.2 structural behavior of stiffened 
composite panels and several failure mechanisms that affect the performance of compression 
panels subjected to low-velocity impact damage have been identified. The graphite-epoxy 
material8 from which the panels were fabricated are commercially available 150K cure 
temperature systems which were processed in an autoclave following the manufacturer's 
recommended procedures. The present paper summarizes Langley research activities conduct- 
ed since 1975 on stiffened composite panels. Advances in analysis and sizing procedures 
for stiffened compression panels are discussed,and experiments conducted to verify these 
analysis and siting procedures are described. The effect of low-velocity impact damage on 
the strength of compression panels io also presented. 
SYMBOLS 
Planform area of stiffened panel. 
Width. 
Young's modulus of composite material in fiber direction. 
Longitudinal extensional stiffness of panel. 
Amplitude of overall bow at panel midlength. 
Transverse shear modulus. 
Shear stiffness of panel. 
Panel length. 
Stress resultants. 
Load index. 
Lateral pressure loading on panel. 
Thickness. 
Mass of stiffened panel. 
Mass index. 
Amplitude of eccentricity at panel midwidth. 
Strain at buckling. 
STIFFENED PANEL ANALYSIS AND SIZING 
The complexities of laminated composite panels have led to development of sophisti- 
cated analysis and design procedures compared to those formerly used for metal panels. 
Panels must be designed to carry combined loads and structural efficiency and manufactur- 
ihig considerations require that a variety of structural configurations be considered 
(see figure 1). The VIPASA computer code (ref. 2 )  is an example of a sophisticated 
analysis program for the rapid and accurate buckling solution of stiffened composite 
panels subjected to compression loading. VIPASA, however, gives conservative solutions 
for the general buckling mode of a rectangular panel subjected to shear loading and does 
not include the effects of through-the-thickness transverse shear deformations. Approaches 
for improving the solution for both of these problems,and typical examples are described 
herein. In addition, a sizing code called PASCO (Panel Analysis and Sizing Code) which 
uses VIPASA to perform buckling analyses is described, and the PASCO code is used to pro- 
vide structural efficiency results for important generic classes of problems. 
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Figure 1.- Stiffened panel subjected to combined loads 
and representative stiffener configurations. 
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Figure 2.- Comparison of predicted buckling loads from various analyses for 
blade-stiffened panel subjected to combined longitudinal compression and shear loadings. 
Stiffened Panel Stability Analysis 
Combined shear and compression loads.- The VIPASA buckling analysis (ref. 2 )  provides 
an ex= solution to the classical thin-plate equations which are based on the Kirchhoff- 
Love hypothesis. The buckling solution is obtained by assuming a sinusoidal buckle pattern 
in the stiffener direction. A sinusoidal buckle pattern assumption for orthotropic panels 
loaded by inplane longitudinal and transverse loads permits simple support boundary condi- 
tions to be satisfied on edges normal to thc stiffeners while the boundary condition on 
edges parallel to the stiffeners may be arbi~rarily specified. The presence of shear or 
anisotropy causes skewed node lines which do not conform to the panel rectangular bound- 
aries. In these situations, the resulting theoretical solutions are lower than that given 
by the solution from a two-dimensional analysis in which the desired boundary conditions 
are accurately modeled. The error introduced by anisotropy for most practical configura- 
tions is small, but the buckling strain for the general mode (m = 1) of a panel loaded in 
shear can be substantially in error. Buckling solutions for local modes in which more than 
one buckle forms along the length, howe\rer, are accurately predicted by VIPASA. 
Because of the complexity and computer expense of a full two-dimensional analysis, an 
approximate method based on a combination of VIPASA and orthotropic plate theory has been 
developed for panels subjected to combined shear and compression loading. Typical inter- 
action curves for shear and compression are shown in figure 2 for a 76.2-cm-square, blade- 
stiffened composite panel having six stiffeners. Materials properties used in the analysis 
are preseni.d in Table I (material A-tape) and cross sectional dimensions are defined in 
Table I1 (design B). The deslred boundary conditions are simple support on all four 
edges. In the VIPASA analysis, however, boundary conditions can be specified only on the 
two edges parallel to the stiffeners. The results of this analysis are presented as the 
solid curve in figure 2. VIPASA was also used to obtain the buckling load of the panel 
simply supported along the side edges assumirbg smeared orthotropic stiffness properties 
(lower dash curve). Differences in these two results are attributed to the inadequacy of 
representing the stiffened panel by average orthotropic stiffnesses. The same orthotropic 
panel can be analyzed by VIPASA with the edges perpendicular to the stiffeners simply 
supported. This result (the upper dashed curve) shows a large increase in buckling load 
reflecting the fact that it is more important to model correctly the boundary conditions 
on the edge normal to the stiffening. It is postulated that any difference in the lower 
two curves would be similar to the difference between the upper curve for the VIPASA 
analyses using orthotropic stiffnesses and an exact analysis of the detailed cross section 
with ends simply supported. Thus, the ratio of the two lower results is applid to the 
upper curve to give the curve labeled Adjusted VIPASA. 
The accuracy of the approach for predicting the buckling of rectangular panels loaded 
in shear is indicated by a few results obtained from the STAGS computer program (ref. 3) 
which treated the detailed panel simply supported on all four edges. Either of the two 
upper curves provide a conservative but reasonably accurate estimate of the correct result 
obtained from the two dimensional STAGS analysis. Not satisfying boundary conditions on 
the side edges of stiffened panels leads to little error because the node lines tend to 
align approximately with the stiffeners and several buckles form across the width. For 
certain configurations where local stiffener deformation is pronounced, the adjusted VIPASA 
result can be significantly lower than the orthotropic plate results with simply supported 
edges. The conservative approach of choosing the lower of these two approximate solutions 
is used herein. Additional studies have been made wich the approximate analysis 
that show it to be in reasonable agreement with more accurate analyses whenever the buckle 
length transverse to the stiffeners is greater than twice the stiffener spacing. In the 
example shown in figure 2, the buckle length transverse to the stiffeners was approximately 
3 stiffener spacings. Design studies on panels loaded by shear and biaxial compression 
have shown that using the conservative VIPASA solution leads to only a few percent mass 
penalty for most practical load combinations. If shear is the dominant loading, the 
approximate analysis can be used to take advantage of the greater predicted load carrying 
capability if proper caution is used in evaluating the results based on the calculated 
buckling mode shapes. The advantages of the approximate analysis relative to a two- 
TABLE I . -  GRAPHITE-EPOXY LAMINA PROPERTIES 
MATERIAL A MATERIAL B 
Tape Fabric Tape 
Modulus in fiber direction, GPa 131.0 6 2 . 7  110.0 
Modulus normal to fibers, GPa 13.0 6 2 . 7  - 
Shear modulus, GPa 6.4 6 . 4  - 
Major Poisson's ratio 0.38 0.10 - 
Density, Mg/m 3 1.52 1.52 1.60 
Thickness, m/ply 0.14 0.36 .17 
dimensional analysis are (1) less effort is required in data preparation, (2) a solution 
convergence check is not required and ( 3 )  three orders of magnitude less computer time is 
required. 
Transverse shear effects.- Composite panels with open-section stiffeners such as 
blade stiffeners have been shown (ref. 4 )  to require a higher mass to carry a specified 
' 
compression load than stiffened panels with closed-section stiffeners such as hat 
stiffeners. One open-section stiffener configuration which has been shown to have imp- xed 
structural efficiency is the sandwich-blade (ref. 5 )  in which the web is of sandwich an- 
struction and connects the panel skin to a cap composed mostly of O0 oriented plies. 
However, some of the advantage of this configuration is offset by the low transverse shear 
stiffness of the honeycomb core. 
The VLPASA analysis does not include transverse shear deformations, although finite 
element codes such as NASTKAN (ref. 6) have plate elements which do include transverse 
shear deformations in the buckling formulation. However, an analysis more rapid than 
NASTRAN is desired that can be incorporated in a structural sizing code. One such analysis 
has been developed and is presented in reference 5. 
An illustration taken from reference 5 showing the influence of transverse shear on 
buckling is presented in figure 3. The buckling strain is presented as a function of the 
buckle length for designs having a honeycomb core with transverse shear modulus values of 
0.26 GPa, 1.21 GPa, and foran infinite transverse shear modulus. The solution with infinite 
transverse shear modulus was obtained using the BUCLASP2 computer code (ref. 7). The 
dimensions of the cross section and the number of plies in each element are presented in 
Table 11 as design A .  For the results shown in figure 3, three buckling modes occur 
including local buckling of the skin, twisting of the stiffener, and wide-column buckling 
of the panel. In the range of buckle length for which twisting is the buckling mode 
(10 to 70 cm), the buckling strain is strongly dependent on the transverse shear stiffness 
of the core. For a 30-cm-long buckle length, for example, the 0.26 GPa shear modulus 
reduces the buckling strain by 40 percent relative to the solution for infinite shear 
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Figure 3.- Effect of transverse shear on the buckling strain 
of a sandwich-blade stiffened panel. 
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Figure 4.- PASCO panel optimization capabilities. 
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stiffness, and the 1.21 GPa shear modulus reduces the buckling strain by 1 3  percent. The 
NASTRAN solutions and experimental results correlate closely with the reference 5 approxi- 
mate analysis solutions. 
Stiffened Panel Sizing Procedure - PASCO 
The VIPASA buckling analysis described in the preceding section has been incorporated 
in a computerized sizing program denoted PASCO (panel Analysis and Sizing Code). Some 
important capabilities of PASCO are indicated in figure 4. The code can be used to size 
stiffened panels having an arbitr~ry configuration subjected to any combination of inplane 
losdings (tension, compression and shear) and lateral pressure. The panel cross section 
is modeled as an assembly of flat plate elements in which each of the plate elements is a 
balanced symmetric laminate with an arbitrary number of layers. The panel cross section 
and loading are assumed to be uniform in the direction of the stiffeners. Stresses 
associated with a bow-type initial imperfection or lateral pressure are accounted for 
using a beam-column approach. 
W/A Durinr, sizing, the merit function is the mass index ---, the mass per unit area oC L 
the panel divided by the panel length. The sizing variables are the individual plate 
widths, ply thicknesses, and ply orientations. Inequality constraints can be placed on 
buckling loads, lamina stresses or strains, and overall panel stiffnesses. The objective 
of the procedure is to determine the values of the sizing variables which minimize the 
mass index and satisfy the prescribed set of inequality constraints. Additional discussion 
of PASCO is presented in reference 8. 
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Figure 5.- Structural efficiency of various stiffened panel configurations. 
PASCO APPLICATION EXAMPLES 
In the two studies presented below denoted "longitudinal compression" and "combined 
loads", the panels were assumed to be geometrically perfect and the only imposed constraint 
was buckling. The increases in mass necessary to meet the additional requirements imposed 
by a geometric imperfection and by prescribed extensional and shear stiffnesses are presented 
in the section entitled "effect of overall bow and stiffness requirements." 
Longitudinal c0mpressi~n.- Structural efficiency data for graphite-epoxy panels with 
several cross sectional configurations sized to carry only longitudinal compressive loads, 
Nx, are presented in figure 5. Also shown for comparison is a curve for the minimum mass 
ol hat-stiffened panels constructed of aluminum which was originally presented in ref. 9. 
The least efficient graphite-epoxy panels are the blade- and I-stiffened panels. These 
two panel configurations have roughly the same efficiency, and are about 40 percent lighter 
than aluminum hat-stiffened panels. The curve for panels having a honeycomb sandwich-blade 
are approximately 20 percent lighter than panels with a solid blade. Because the trans- 
verse shear flexibility required for these panels cannot be modeled with the present version 
of PASCO, sandwich-blade stiffened panels were sized using the analysis of reference 5 
which includes the transverse shear effects. Finally, the lightest panels shown are the 
graphite-epoxy hat-stiffened panels (ref. 8 ) .  These panels weigh 60 percent less than 
aluminum hat-stiffened panels. 
Combined loads.- Blade-stiffened panels having the configuration and variables 
described in reference 8 were sized for pure longitudinal compression and for selected 
ratios of biaxial compression and shear. The panels were square (76.2-cm-length sides) 
and were sized to have an integer number of stiffeners. The results are presented in 
figure 6. The optimum number of stiffeners varies with loading from 16 stirfeners for 
lightly-loaded panels (0.07 to 0.10 MPa) to eight stiffeners for heavily-loaded panels 
( 5  to 7 MPa). 
Effect of overall bow and stiffness requirements.- One type of geometric initial 
imperfection that is common in panels and that can be accounted for with PASCO is the over- 
all bow-type geometric imperfection. The first-order effect of the box imperfection is 
assumed to be the additional stresses produced by bending. In rASCO, these bending 
stresses are calculated using a beam-column approach and are added Lo the stresses produced 
by the inplane loading. The resultant stresses are used to calculate the buckling 'oads 
and are also examined for maximum stress and strain limitations. 
Panels also ,omonly have requirements which can be met by imposing limits on stiff- 
ness. Several smeared orthotropic stiffnesses are calculated in PASCO and can be used as 
inequality constraints during sizing. Studies were carrir , ,  out to determine the effects 
of a bow imperfection and of extensional and shear stiffness requirements on the mass of 
minimum-mass blade-stiffened panels. The results are presented in figure 7: The panels 
have the same configuration as those presented in figure 6 except that all panels have 
eight stiffeners an+. no limitation is placed on panel width. The lowest curve is for 
panels having neit!~er a bow nor a stiffness requirement. The next higher curve is for 
panels designed for an overall b ~ w  of e/L = 20.003, where e is the eccentricity at panel 
midlength, L is the panel length, and the + sign means that panels carry the load 
whether the bow is positive or negative. The highest curve shows che effect of adding 
shear and extensional stiffness requirements typical of transport aircraft wing panels. 
The stiffness requirements are taken from reference 1 and are given in Table 111. These 
panels are also assumed to have an overall how of e/L = 20.003. The results indicate that 
designing for an overall bow of e/L = f0.003 causes a mass penalty of about 15 percent 
and that adeing a representative stiffness requirement results in an additional penalty 
of 18 to 50 percent. 
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Figure 6.- Structural efficien~, of graphite-epoxy blade-stiffened panels 
designed for specified ratios of combined inplane loads. 
Panels are square, 76 cm on a side. 
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Figure 7.- Effect of selected constraints on the structural efficiency 
of graphite-epoxy blade-stiffened panels. 
TABLE 111.- MINIMUM STIFFNESS REQUIREMENTS REPRESENTATIVE 
OF COMMERCIAL AIRCRAFT'WING PANELS. 
Loading Intensity 
, 
MPa 
0.689 
1.720 
3.440 
5.510 
Longitudinal Stiffness 
ET 3 
Shear Stiffness 
GT s 
EXPERIMENTAL BUCKLlNG AND STRUCTURAL EFFICIENCY STUDIES 
Theory-Experiment Buckling Correlation 
It is important to understand the accuracy with which the buckling load of a compo- 
site panel can be predicted by theory. Discrepancies as high as 40 percent were reported 
in reference 9. The explanations given for these discrepancies were variations in thick- 
ness, variations in material properties from the nominal values used in analysis, and 
anisotropic and residual thermal stress effects not accounted for in the analysis. 
Consider-ble effort is required to conduct an analysis which is sufficiently accurate to 
permit valid comparisons between experiment and theory. To illustrate some of the impor- 
tant factors which must be considered,a detailed analysis was performed for a blade- 
stiffened panel loaded to buckling. The panel constructed of graphite-epoxy tape 
(material A) using design F (Table 11) was "ree stiffeners wide and 76.2 cm long. 
The specimen buckled at a load of 1.76 MN,., ~ n d  axial strain of 0.0037. The corres- 
ponding analytical prediction for the panel based on nominal properties and dimensions was 
a buckling load of 1.52 MN/m and axial strain of 0.0032. The effects that deviations frcm 
nominal values have in causing differences between experiment and theory are shown in 
figure 8. All barred quantities in the figure are associated with nominal material proper- 
ties and dimensions assumed in the design analysis. The moire-fringe pattern photograph 
(fig. 8(a)) shows the specimen buckled into four half waves along the length which is in 
agreement with the theort tical prediction (the fringe pattern for one-half wave is missing 
in the photograph due to the limited size of the grid). 
Two fundamental quantities can be measured experimentally-the imposed strain and the 
total load. To evaluate a buckling theory, comparing experimental and theoretical buck- 
ling strains is useful because the buckling strain is essentially constant with respect 
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to inplane elastic properties (see fig. 8(b)). In thia figure only the dominant material 
Bodulus Ell was varied while all other moduli properties were held constant at the values 
L shown in Table I. The buckling strain, however, is sensitive to ply thickness variations 
C 
5 as shovn in the buckling strain versus skin thickness graph of figure 8(b). A thorough 
survey established that the specimen blade ply-thicknesses were essentially nominal but that 
the skin ply-thickness was 95 percent of nominal. The skin thickness variation accounts 
for a four percent reduction in the theoretical buckling strain. Transverse shear defor- 
@ 
? aations of the thick blade-stiffener are responsible for further reductions in the buck- 
ling strain as shown in figure 8(c). The value of the transverse shear modulus is not 
readily available, but considering the properties of the +rix and reported values for 
inplane shear modulus, it is probably within the range of E11/C44 from 30 to 60 shown on 
i the plot. Transverse shear, therefore, may account for a five to eight percent reduction 
in the buckling strain. The cumulative effecr on buckling strain of material property 
and thickness variations from nominal compared to the experimental results is shovn in 
figure 8 ( E ) .  Correlstion of theory and experiment is good when all of these factors are 
considered collectively, whereas looking at a comparison based on nominal properties would 
indicate a 13 percent discrepancy. 
A fundamental quantity of interest to the structural analyst is the structure buckling 
load. If the material properties are not accurately known, the actual buckling l~ad may 
not agree with theory even though the strain is in agreement. The buckling load is a 
direct function of the material stiffness properties as illustrated in figure 8(e). The 
upper curve is for the nominal skin thickness and classical theory, and the lower curve is 
for a reduced skin ply thickness of t/E = 0.95 and a correction for transverse shear 
deformation corresponding to E ,/G, = 50. 
An indication of the accuracy of the assumed material properties (Table I) can be 
obtained from comparison of the theoretical and experimental axial stiffnesses shown in 
figure 8(f). The two theoretical curves are for the nominal skin thickness and a reduced 
skin ply thickness of t/! = 0.95 correspoqding to the test panel. The experimental stiff- 
ness (ET/= = 0.99) was obtained from the applied load and tne average of-several longitu- 
dinal strain gage readings. Use of the nominal material properties (E1l/Ell = 1) gives 
excellent correlation between experiment and the lower curve for the test panel 
. (t/E = 0.95). Small coupon tests of samples cut from the panel also confirmed the selec- 
tion of material properties. Use of nominal material properties also permit close corre- 
lation of theoretical and experimental results for the buckling load (see the lower curve 
on figure 8(e)). Since the nominal material properties are reasonably accurate for the 
test panel, the discrepancy between the experiment and theory for buckling load based on 
nominal properties and classical theory is the same as the discrepancy for strain; namely, 
13 percent. These rerults show that excellent agreement betwenn theory and experiment 
can be obtained for both strain and load if accurate materiai and geometric properties and 
sufficiently precise theory are used. 
Other factors which can affect comparison of theory and experiment are boundary 
conditions and geometric imperfections. For the local buckling mode shown in figure 8, 
loaded-end boundary conditions effects were small as indicated by a finite element analysis 
on a similar configuration presented in reference 5. The effect of an overall bow imper- 
fection were also small since the bow imperfection was measured to be small (e/L = 0.001). 
In addition, a bow-type imperfection has a greater effect on the Euler buckling load which 
was significantly higher than the twisting buckling mode exhibited by this test panel. 
Panels Designed to Meet Typical Comercial- 
Aircraft Wing-Stiffness Requirements 
Experiments were conducted on graphite-epoxy panels which were designed to meet not 
only buc~ling and strength constraints but also to have extensional and shear stiffness 
properties typical of colnmercial aircraft wing structures (See Table 111). Five panels 
(see figure 9) were tested including three blade- and tv,o hat-stiffened panels. 

Crass sectional dimensions along w i t h  ~Lhe number and otient. lt ion of plies for characteris- 
E ~ C  elements aE the cross neetion are presented i n  Table X I  (designs C,  F, G, H end 1). 
1 Experimental data for t h e  panels are presented i n  Table I V .  The specimens were 1.17 m 
long which when flat-end tested yielded nn effective simple support Icngth of 76.2 cm. 
+he experimental results for these specimens are p lo t red  on the structural efficiency 
graph of figure 10. For comparison, t h e  stsucturaL e f f i c i e n c y  curve fo r  a graphite-epoxy 
blade-stiffened panel configurrtion designed to meet bou imperfection and wing-stiffness 
requirements (reproduced from figure 7 )  as wet! as structural ~ f f i c i e n c y  data for t y p i c a l  
cmmerciaL a ircraf t  aluminum wing panels ( taken from reference 1) are presented. Stiffness 
is such a strong design factor for the load range shorn that the theoretical curve fqr e 
graphite-epoxy hat-st if fened pane 1 configuration would d i f i e r  only slightly Erom that shown 
for a blade-stiffened configuration. The mass savings for the graphite-epoxy panels rom- 
pared to the aluminum wing designs range from over 50 percent for t h e  Iightly-loaded b l a d e  
d e s i g n s  to epptoximately 30 percent for the heavily-loaded d e s i g n s .  The test data  for the 
lightly-loaded panels f a l l  on or below the theoretical curve while the test data for the 
heavily-loaded panels  p lot  above the curve. Lightly-loaded panels CI and F1 were loaded 
until they buckled, which occurred without failure. The heavily-loaded panels GI, H1, and 
11 were not buckling critical at the design toad, and t h e  t e s t s  were terninaced at or near 
the design load t o  permit the specimens t o  be used in damage tolerance studies.  The arrows 
drawn on figure 10 indicate the panels have additional load c a p a b i l i t y .  
Figure 11.- Laminate specimens i n  ane- and three-bay compression fixtures. I 
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IMPACT-DAMAGE TOLERANCE OF COMPOSITE STRUCTURES 
LOADED IN COMPRESSION 
Structural efficiency studies, such as those presented in the previous section, have 
demonstrated the mass-saving potential of high-modulus filamentary material for compression 
panels designed to meet buckling and stiffnesr requirements. The usefulness of composite 
materiala, however, also depends on their ability to carry loads when subjected to damage 
sustained during the life of the component. The sensitivity of compression loaded struc- 
turcs to lorvelocity impact damage was studied using flat-plate laminates as well as 
sri , fened panels. 
Flat Laminates Damaged by Low-Velocity Impact 
Test configuration and apparatus.- The two test configurations shown in figure 11 
we--e used to study the effect of low-velocity impact on flat laminates. The single-bay 
spt+cimen shown on the left is approximately 24.8 cm long and 11.4 cm wide while the three- 
hay specimen shown on the right is approximately 24.8 cm long and 38.1 cm wide. The loaded 
ends of the specimen were ground flat and loaded in fixtures that approximated clamped-end 
coc,litions. Edge and interior restraints approximated simple-support boundary conditions. 
Tht specimen size and edge-support conditions were selected to pennit the plate to have a 
h: i :~  strain at buckling and therefore permit damage-initiated fail~re to occur at strains 
lo\j:r than the buckling strain. The projectile used was a 1.27-cm-diameter aluminum 
sphere that was propelled to impact normal to the specimen at velocities ranging from 30 
to 150 m/s. A moire-fringe technique was employed to monitor the panel lateral displace- 
ment response during loading. The front surface of the specimens was painted white to 
enhance the contract of the moire fringes. Specimens were instrumented with at least four 
stri, in gages. 
Physical characteristics of impact damage.- Specimens were impacted in the single-bay 
test frame and removed to observe the physical characteristics of damage. Following 
observation of the front and back surface damage, the specimens were ultrasonically 
inspected. Several were cross-sectioned through the impacted region and inspected micro- 
jcopically for interior damage. 
Ultrasonic C-scan data and photomicrographs of the cross-section for a 48-ply laminate 
ith a <t45/02/ + 45/02/+45/0/90)2S stackin2 sequence are presented in figure 12. Data 
a,.e :.hewn for specimens impacted at 58 m/s and 95 m/s. Visual inspection showed no front 
sarface damage for -ither specimen. The specimen impacted at 58 m/s did not develop back 
surface damage v..' -1e the specimen impacted at 95 m/s had an outer ply crack on the back 
surfale which extended approximately 3.4 cm. Ultrasonic inspection showed both specimens 
to have sustained interior damage with the greater affected area associated with the higher 
velocity (figure 12(a)). 
Low power microscopic inspection of the cross sections in the damaged region (figure 
12(b)). shows limited damage in the specimen impacted at 58 m/s and extensive damage in 
the spt?cirnen impacted at 95 m/s. High power photomicrographs of the cross sections in the 
damaged region taken wiih a scanning electron microscope are shown in figure 12(c). Both 
specimens exhibit ielamination cracks between plies of dissimilar orientation (i.e., 0190, 
0145, and +45/-45) .s well as intraply cracking (through-the-thickness) of 0' and +4S0 
oriented plies, Failure appears topropagate by matrix fracture and may be associated with 
cohe.;ive fa:' rrs in the matrix or adhesive failures in the fiber-matrix bond. These 
observations show that low-velocity impact can result in significant laminate interior 
damage i . .  the vicinity of the impact. Several mechanisms may participate in creating the 
local ,nage illustrated in figure 12. The plate deformation response following impact is 
illu 'rated in figure 13. On contact, internal stress waves are initiated within the panel 
wh;sh nay be responsible for developing local damage. The V-shaped patterns observed in 
I dama,;ed panel (see figure 13(b)) are similar to the fracture patterns created by stress 
W 
bE C-SCAN. (bl LO\V POWER MAGNIFICAT ION. k) H lGH POWER MAGNIFICATION. 
Figure 12.- Interior damage t o  graphite-epoxy laminates SolEowing impact. 
Figure 13.- Deformation relponse of laminate Eollawing low-velocity impact. 
waves in homogeneous brittle plates that have been impulsively loaded on one surface. 
Based on preliminary calculations using bulk material properties, the time required for 
translations of the initial dynamic wave through the thickness would be on the order of a f few microseconds. Once damage has been initiated within the panel, the area in the damaged 
$ region has a reduced local stiffness and may deform locally out-of-plane through a combina- 
tion of stress and local bending of sublaminates. The 48-ply panels impacted at 91 m/s by 
a 1.27-cm-diameter aluminum projectile had local deformations in the impact damage region 
that were approximately 3 cm in diameter and a lateral deformation of approximately 1 mm 
:. (figure 13(c) 1. This local out-of-plane deformation may cause damage to propagate or 
cause additional delamination and intraply cracking to develop. It is anticipated that 
this local deformation occurs much later in time, probably several orders of magnitude 
after the initial dynamic wave effects. The out-of-plane deformation due to the plate 
overall structural response was not measured in this investigation; however, preliminary 
estimates indicate that it would have occurred later in time (figure 13(d)). The overall 
structural response probably causes little additional local damage. 
Effect of impact damage on strength.- The effect of impact damage on the strength of 
a 48-ply orthotropic laminate with a(f45/0?/t45/0?/f45/0/90}~~ stacking sequence is 
- - 
reported in reference 10. This informatio; along-with additZGna1 unpubiishdd test data is 
- 
presented in figure 14. In these tests, the specimens were impacted while loaded to a 
prescribed axial strain. Specimens that failed catastrophically on impact are represented 
by filled circles, and specimens that continued to carry load after impact are represented 
by open circles. The strain at failure for control specimens are shown for comparison on 
the ordinate as open circles. Control specimens either failed in the loaded end region or 
buckled and the test was terminated. The projectile kinetic energy is plotted on the 
abscissa and discrete projectile velocities are also indicated. The curve labeled "failure 
threshold strain8' i r ~  figure 14 separates results of specimens that failed catastrophically 
on impact from those that did not. The trend of the data indicates the compressive strength 
of these specimens is affected severely at the higher impact energies. For an impact 
velocity of 100 m/s, the failure threshold strain was 0.0028. 
The test results for the 58 and 95 m/s impact conditions (figures 12 and 14) suggest 
the extent of interior damage is a key factor affecting the failure threshold strain. 
Reference 10 indicates a coupling exists between the applied inplane load and the local 
deformation response associated with impact. This coupling results in a larger local 
damage region for specimens damaged by impact under load than for specimens which have no 
applied load at impact. 
Additional results are reported in references 10 and 11 of the residual strength of 
specimens which did not fail on impact. Specimens impacted at zero axial load in the 50 
to 60 m/s range were found to have ultimate residual strains significantly higher than the 
failure threshold strain. Specimen impacted at zero load in the 80 to 100 m/s range, how- 
ever, were found to have ultimate residual strains only slightly higher than the failure 
threshold value. 
Data presented in figure 14 represents specimens that were both 11.4 cm (single-bay) 
and 38.1 cm (three-bay) wide. The failure strain and failure mode was unaffected by the 
specimen width. The damage propagated laterally from the point of impact to the plate 
edge for both types of specimens. Photographs of failed panels of both specimen sizes are 
presented in figure 15. 
Damage propagation mechanisms.- Three damage propagation mechanisms for compressively 
loaded laminated composites have been observed. These include: delamination, axial load- 
lateral deformation coupling, and local shear failure. These propagation mechanisms are 
illustrated in figure 16. The delamination mechanism (figure 16(a)) can be described as 
the progressive growth of local interlaminar disbonds during the application of load. The 
propagation is dependent upon the development of local out-of-plane buckling deformations 
in the delaminated region. The closer the delaminations ire to the surface, the lower is 
the load required to initiate local buckling. The series of moire-fringe photographs shown 
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in figure 16(a) are typical of the progressive delamination growth which occurs with applied 
load. This failure mechanism is representative of specimens which fail during residual 
strength tests following impact and has also been observed as the failure propagation 
mechanism for impact-damaged panels subjected tc cyclic compression loads (ref. 10). 
The axial load-lateral deformation coupling mechanism is illustrated in figure 16(b). 
This propagation mechanism occurred in panels impacted under load at strains near the 
failure threshold value. The local lateral deformation caused by impact, interacts with 
the applied axial load to c.use lateral propagation of the locally deformed damaged region. 
The photograph presented in figure 16(b) shows the side opposite the contact region of the 
failed three-bay pare1 shown previously in figure 15. Cross section A-A taken through the 
center of the failed region is shown on the right along with the 1.27-cm-diameter projectile 
drawn to scale. The local deformation in th" impact zone and the extensive delamination in 
the laminate may be seen in the cross section. The interior supports of the test fixture 
for the panel shown in figure 16(b) restrained the panel lateral deformations and, therefore, 
' 
arrested the propagation of the damage zone as an axial load-lateral deformation coupling 
mechanism. The failure, however, propagated through the interior support region and to the 
panel edges by a shear failure mechanism. 
The local shear failure mechanism involves short-wavelength transverse-shear failure 
such as that illustrated in figure 16(c). The photograph on the left is a cross section 
from the outer bay of the panel shown in figure 16(b). The cross section shown on the 
right of figure 16(c) is from another specimen and illustrates more clearly the local 
shear failure mode. The damage propagation mechailism observed for a typical graphite-epoxy 
specimen is a combination of ?elamination and local shear. If the specimen is loaded near 
the failure threshold during itALpact, the failure also involves the axial load-lateral 
deformation coupling mechanism. 
Efiects of Holes 
Tests were conducted on specimens containing an open circular hole to permit comparison 
of the effect of impact with that resulting from a controlled damage. Detail results of 
the study are reported in reference 10. The specimens had a ~ ' 4 5 / 0 ~ / ' 4 ~ / 0 ~ / ' 4 ~ / 0 / 9 0 ) 2 S  
stacking sequence with hole diameters ranging from 0.16 to 3.82 cm and corresponding 
diameter-to-width ratios ranging from 0.014 co 0.33. The effect of hole diameter on fail- 
ure strain is presented in figure 17. 
The specimen with a 0.16-cm-diameter hole failed away from the hole at an axial com- 
pression strain on the same order as control specimens. Specimens with larger hole diameters 
failed at strains significantly lower than control specimens. For example, the specimen 
with a hole diameter of 3.81 cm failed at an axial strain of 0.0038. The failure threshold 
strain for the same laminate damaged by impact at 100 m/s by a 1.27-cm-diameter alurnirium 
projectile was 0.0028 (see figure 14). 
A photograph of a failed specimen with a 1.91-cm-diameter hole is shown in figure 18(a). 
At an applied strain value of approximately 95 percent of ultimate, local delamination was 
observed at the hole edge. This delamination continued to propagate laterally to the plate 
edges with increasing load. A cross section through the hole illustrates that massive 
delamination occurred in these graphite-epoxy specimens. For comparison, a photograph is 
presented in figure 18(b) of a 0.64-cm-thick 7075 aluminum plate also containing a 1.91-cm- 
diameter hole. The 11.4 cm by 24.8 cm alun~inum specimen buckled at an axial stress of 
540 MPa. This value approaches the ultimate stress for this aluminum material and indicates 
the hole had negligible effect on reducing the specimen strength. A cross section through 
the center of the aluminum specimen is shown in figure 18(b). An increase of approximately 
11 percent in the thickness was observed locally in the region adjacent to the hole. The 
ductility of aluminum permits large local deformations to occur in this high stress concen- 
tration region without causing catastrophic failure. In comparison, the graphite-epoxy 
specimen lacks ductility and responds to the local stress by local delamina- 
tion and specimen fni lure. 
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Figure 18.- Photographs o f  graphite-epoxy and aluminum specimens 
containing s 1.9-cm-diameter hole loaded in compression t o  failure. 
Stiffened Panels Damaged by Impact 
The strength of structurally-effirieat hat-stiffened panels damaged by impact is 
reported in references 12 and 13. The s~41dy indicated that the influence of impact damage 
on ultimate strength may be negligible for lightly- Lc .oderately-loaded panels but can be 
pronounced for heavily-loaded panels designed to carry :cads at high strains. The present 
paper reports additional damage tolerance studies on coinpi ession panels designed to carry 
compression loads without buckling and to match the exten~ional and shear stiffnesses of 
typical commercial aircraft wing panels. The stiffness requirement results in designs 
which are heavier than those required to meet buckling requirements alone. The present 
experimental ccudies included ligtitlyand heavily-loaded blade-stiffened panels as well as 
heavily-loaded hat-stiffened panels. 
A photograph of the experimental apparatus is shown in figure 19. Specimens were proof 
tested to the design load to ensure panel integrity. Some specimens were impacted wlth no 
applied axial load and then loaded in compression to obtain their residual strength, while % 
other specimens were impacted while loaded. Some loaded panels that did not fail catas- 
trophically upon impact were subsequently loaded to failure to obtain their residual 
strength. 
Test parameters and results of this study are presented in Table V and a summary ~f 
the test data on the effect of low-velocity impact damage on the ultimate strain of stiff- 
ened panels loaded in compression is presented in th.: bar grap' of figure 20. Selected 
data taken from reference 13 are also shown in figure 20. The designs range from lightly- 
loaded (.53 MN/m) panels to heavily-loaded (5.8 MN/m) panels. The horizontal dashed lines 
in figure 20 represent the theoretical Suckling strain at the indicated design load and 
hat or blade symbol is above multiple test data of a corresponding design. The solid 
circles indicate the applied axial strain st the time of impact. If a panel failed on 
impact, the circle is at the top of the bar. If a panel did not fail on impact, the 
bar extends above the solid circle to the failure strain measured during the residual 
strength test. 
Blade-stiffened panels.- Strength tests on impact-damaged panels were conducted on 
blade-stiffened speciniecs constructed of designs D, E, and G  able 11). Lightly-loaded 
specimens Dl, El, and E2 exhibited postbuckling capability without failure during proof 
tests. Specimen Dl was impacted while under load at t v ~  locations between stiffeners at 
velocities of 101.0 and 99.6 mis without failure. The axial strain at impact for these 
two tests was 0.0015 and 0.0020, respectively. Extensive back surface damage was inflicted 
as can be seen in the photograph of panel Dl shown in figure 21(a). The damaged panel was 
capable of cai-rying a load in the postbuckled state that was approximately 28 percent 
greater than the undamaged panel buckling load. A photograph of the moire-fringe pattern 
illustrating the skin buckle pattern is shown in figure 21(b). Test results for specimens 
El and E2 indicate these lightly-loaded panels were also unaffected by these impact damage 
test conditions. Specimen E2 sustained complete penetration by the projectile and was 
capable of carrying a load 24 percent greater than the panel buckling load. These test 
results and results reported in references 12 and 13 indicate the ultimate strength of 
lightly-loaded panels designed to carry load at relatively low strains (less than 0.003) 
are essentially unaffected by low-velocity impact damage of the type studied. 
Results for heavily-loaded blade-stiffened specimens (design G) indicate the ultimate 
strength of these panels was degraded by impact at velocities around 100 m/s. During 
proof tests, design G panels were subjected to loads as high as 4.91 MN/m 
(strain = 0.0068). Following impact at 61.0 m/s at zero load, panel G2 carried a load 
of 5.59 MN/m (strain = 0.0075) without failure. Further impact in the adjacent bay at 
92.4 m/s at zero load, however, caused the panel to fail at 3.94 MN/n axial load 
(rtrain 0.0052). 
Panel G4, impacted at 100.0 m/s while loaded to 2.62 MN/m (strain 0.0035), had a 
residual strength of 2.79 MN/m which corresponds to an axial strain of 0.0037. The panel 
failed by delamination of the skin with stiffeners remaining undamaged. The series of 
Figure 19.- Apparatus for impacting rompresrion panels under load. 
t l r t t  OF UNDAMAGED P A A ~ ~ S  
Figure 20,- Strain a t  failure for impact-damaged 
graphite-epoxy compress ion panela. 


Figure 21.- Poet buckling of a lightly-loaded 
blade-atiffend panel v i t h  impact dmage. 
LOCAL 'DAMAGE 
Np2.73 Y#/m 
PANEL FAILED 
ka2.78 UH/m 
Figure 22.- Propagatian of impact dermge 
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Figure 23.- Ultimate f~ilure of heavily-loaded panels damaged by impact. 
three moire-fringe photographs shown i n  figure 22 i l l u s t r a t e s  the progressive propagation 
o f  the failure boundary which occurred as the load approached the ultimate value. The 
inset on the f i r s t  photograph sho~s the C-scan of the dataaged panel taken prior to the 
residual strength test. The C-scan indicated a damage region approximately 6.3 cm by 3.4 
cm. 'The fa i lure  of panels G2, G5 and Gd, involved delamination of the stiffeners as well 
rs the skin. b photograph o f  panel G2 follow in^; failure is shorn in figure 23(a) .  Based 
on these test results, design C impact-damaged specimens have a fa i lure  threshold 
strength and strain of about 2.79 MN/m and 0.0037, respectively. 
Hat-stiffened panels.- Impact-damage strength tests weie conducted on heavily-loaded 
specimens of designs H and I (Table 11). No significant differences were observed i n  
the failure load of impactdamaged panels of design H (all tape) and design I (mixed 
rapt and f abr i c ) .  Prior t o  impact testing, panels  of both designs were proof loaded to  an 
axial load of 4.05 MN/m and axial strains of 0.0055. For these hat-stiffend panels 
damaged by impact at approximately 97 m/s, che fai lure  threshold strcngrh and strain 
respectively, were greater than 2.99 HN/m and 0.0042 (see Table V l b l ) .  b photograph of 
panel H2 following Eailure is presented in figure 1 3 i b ) .  The failure initiated in the 
impact region and involved delamination and -heat failure a €  the skin as well as destruc- 
tion o f  the stiffeners. 
Effect on Struceural Efficiency 
of Limiting Ultimate Design Strain 
Pznding imptavements in the damage tolerance o f  composite structures and the develop- 
ment o f  better anaIytical failure prediction techniques, limiting the ultimate design 
atrain appears to be the mast effective means far insuring the integrity of cmposite 
structures. Although test data are insufficient to  establish an accurate limiting strain, 
29 
6maHAL PAGE IS 
W POOR Q U W  
the value for the 450K cure graphite-epoxy material studied herein is likely to be less 
than 0.004. 
To establish the effect that limiting the design strain would have on the structural 
efficiency of graphite-epoxy composite wing panels, a study was conducted asing the PASCO 
code. Results are presented in figure 24. The cross-hatched region represents the mass 
requirements for current aluminum comercial aircraft compression wing panels. The lover 
curve represents the mass requirements for a graphite-epoxy, blade conf igurat ion 
designed to meet the representative aluminum wing stiffnesses listed in Table 111. The 
graphite-epoxy designs also carry the axial compression loads without buckling assuming an 
initial bow-type imperfection (:- = 2.003). Although the lower curve had no upper limit o? 
strain, a value of 0.0093 was tee highest calculated strain required for tbe load index 
range studied. Curves are alsa presented for graphite-epoxy panels with these same con- 
straints except the maximum axial strain has been limited to either 0.d03 or 0.004. 
For a value of s / L  of C.7 M a ,  a mass savings of nearly 50 percent is predicted for 
the graphite-epoxy design cmpared with the aluminum design. For Nx/L equal to 5.0 MPa, 
mass savings of approximately 45, 30, and 15 percent are predicted for graphite-epoxy 
designs with no limiting strain and maximum strain values of 0.004 and 0.003, respectively. 
Considering the complete wing compression cover, the total mass effect of limiting the 
design strain is an accumulative effect found by considering the mars requirements for all 
the different loads and regions of the wing. Results for one such study ere reported in 
reference 14 in which it was found that limiting the graphite-epoxy design strain to values 
of 0.004 and 0.003 resulted in mass savings of 26 and 19 percent, respectively, compared 
to the aluminum designs. 
Damage Tolerance Improvement by Alternate Matrix 
The mechanisms of damage initiation and failure propagation usually involve matrix 
failure either through delamination or intraply matrix fracture. 'he implied matric dependency 
suggests increased danage tolerance m y  be achieved by use of a altermate matri c material. A 
preliminary survey of commercially available epoxy preirnpregnated materials identified 
one possible epoxy candidate. The effect of impact damage on tne strength of this material 
was studied using plate specimens construct-ed of a $8-ply {245/02/+45/02/+45/0/90)2S 
laminate. The laminate and test conditions permit direct comparison of this graphite-epoxy 
(material B) with the graphite-epoxy (material A) data presented earlier, since the same 
graphite fiber was used in both materials. Lamina material properties for material B 
are listed in Table I. Laminates of material B were 18 percent thicker than laminates 
of materi?? A ,  primarily due to the higher resin content (38 percent versus 2S percent). 
Results of this investigation are.presented in the strain versus impact energy graph 
of figure 25. Data for material A is reproduced from figure 14. As before, solid 
symbols represent specimens loaded to the indicated strain that failed 0-n impactsand open 
symbols represent the strain applied to specimens that did not fail on impact. The 
failure threshold strain is substantially higher for material B. For example, the failure 
threshold strain for a 100 m/s impact speed is 0.0028 for material A compared with 0.0062 
for material B. 
It is important to establish the material properties :hat affect laminqte damage 
tolerance. Some insight may be obtained by studying the neat-resin tensile properties. 
Neat-resin tensile properties for materials A and B are shown in the inset of figure 25. 
Material 1 has a slightly higher tensile modulus (4.0 GPa versus 3.1 GPa for 
material B). The ultimate strength of material B is approximately twice that of 
material A and the strain at failure is approximately four times as great. Studies 
conducted on matrix materials with tensile stress-strain characteristics similar to those 
of material B indicate additional properties such as shear modulus and strength, resin 
content, and strain rate sensitivity may also be important factors affecting the damage 
tolerance of composite structures. 
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CONCLUDING REMARKS 
To achieve the maximum potential structural efficiency for composite panels, a thorough 
understanding of the factors that affect structural performance including buckling and 
material strength is required. Recent advances in analysis and sizing procedures reported 
herein permit composite panel designs to satisfy buckline requirements with greater 
accuracy and therefore improved structural efficiency. The effect of transverse shear 
deformations has been included to improve the accuracy of the buckling analysis for 
sandwich- blade-st if fened panels. A correction factor (based on infinitely wide orthotropic 
plate solutions) has been applied to improve the solution accuracy for low wave-number 
inplane shear buckling. Furthermore, a stiffened panel sizing code called PASCO has been 
developed that uses accurate analyses for buckling and an efficient optimization algorithm 
for rapid sizing. Additional analysis refinements allow PASCO to account for bow-type 
initial imperfections, lateral pressure, and thermal effects. The code is used to illus- 
trate the effects that selected configurations, loadings, and special stiffness constraints 
have on composite panel structural efficiency. 
Test results for stiffened panels designed by these improved procedures correlate well 
with theory when factors that affect buckling such as thickness and material property 
variations, initial imperfections, and transverse shear effects are adequately considered. 
Test results, however, also show that both low-velocity impact damage and circular holes 
can severely degrade the compressive strength of heavily-loaded composite panels designed 
to carry load at high strains. The problem is not critical for lightly-loaded designs 
since these panels usually carry the required load at rela~ively low strains. ~ow-velocit~ 
impact can cause local delamination and intraply cracking of the laminate. The local impact 
damage propagates i.1 compression-loaded composite panels either by delamination, by local 
shear failurc, or by a coupling between the applied axial load and the local lateral 
deformation due to impact. Currently, limiting the ultimate design strain based on 
experimental results appears to be one approach for addressing the damage tolerance 
problem. Although significant mass savings can still be achieved by imposing strains 
lower than are traditionally applied to metals, the need exists to improve the damage 
tolerance of composite structures. Tcst data indicate the impact-damage tolerance of 
graphite-epoxy laminates may be enhanced through iaprovements in the matrix material. 
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